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Abstract: The EARTH-Sun-Heliosphere INteractions Experiment is a novel space mission designed to answer
key questions about how Earth’s climate and space environment are influenced by the Sun. Using a small
satellite orbiting about the L1 Lagrange point located approximately 1.5 million kilometres from the Earth, the
scientific payload will have a unique and continuous view of the dayside of Earth, and an uninterrupted view of
the Sun. From here measurements of the reflective properties of clouds over large viewing angles will be made,
whilst simultaneously monitoring the variations and effects of the electromagnetic, particle and field outputs of
the Sun. The mission is designed to be a low-cost, fast and responsive project and therefore requires that the
payload and spacecraft should be simple and robust, and have a high degree of autonomy. Spacecraft
subsystems must be low mass and power, and require little or no development to minimise risk and be
consistent with the project timescales and proposed budget. The paper presents the main drivers for the mission
and describes the four scientific instruments that make up the payload. It also explores some of the system level
trade-offs performed to keep the spacecraft mass under 130kg and power below 140W.
INTRODUCTION
EARTHSHINE was designed from the outset to be
a low-cost, fast and responsive science mission
using small satellite technology. It was conceived
by a team in the United Kingdom in response to a
national
programme
to
co-fund
initial
demonstration missions in partnership with UK
companies and users, and to stimulate the
development of key small satellite technologies and
payloads. The budget available for this mission was
estimated to be approximately $25M including
launch and operations, meaning that the payload
and spacecraft must be simple and robust, and
require little or no development. It also implies that
a great deal on on-board autonomy is required if
operations and ground segment costs are to be kept
low.

satellites and on living organisms.
The
heliospheric field also controls the flow of mass,
momentum and energy from the solar wind into the
near-Earth space environment, the magnetosphere.
Under optimum conditions, about 2 % of the solar
wind power incident on the magnetosphere is
extracted and, of this, roughly two thirds is
returned to the solar wind, leaving of order 2×1011
Watts deposited in the near-Earth magnetosphere
and the upper atmosphere, the thermosphere. In
contrast to these lower-power solar wind effects, of
order 1.7 × 1017 W is incident upon Earth’s
atmosphere in the form of electromagnetic
radiation. The spectrum is shown in figure 1.

SCIENCE GOALS
Earth sits near the centre of the heliosphere, the
region of space that surrounds the Sun and which is
controlled by the Sun. The continuous solar wind
outflow of ionised gas (plasma) into the
heliosphere is driven by the high temperatures of
the solar atmosphere (the corona). The field inside
the heliosphere is poorly understood, yet it has a
number of key effects. It shields Earth from
galactic cosmic rays (GCRs) such that the fluxes of
these energetic particles that reach Earth increase
when the heliospheric field is weaker. GCRs have
a number of effects on Earth’s atmosphere as well
as on electronic systems on board aircraft and
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Figure 1 – Spectrum of Solar Irradiance
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The fraction of this power reflected back into space
(Earth’s albedo) is about one third and the
remainder drives the coupled ocean-atmosphere
system and determines our climate. Because the
power delivered to Earth by solar UV, visible and
IR radiations is much greater than the power
extracted from the solar wind, solar magnetic
activity has generally been discounted from studies
of Earth’s climate and of the atmosphere below the
thermosphere. Until recently, studies that pointed
to a link between climate and sunspots were
generally based on inadequate statistical analysis
and have suffered from serious selection effects.
However, recent work has caused a re-evaluation
of some possible links between solar and climate
variability. One such link, which remains
controversial, is that ultrafine particles produced by
GCR-induced ions can grow into cloud
condensation nuclei in significant numbers and
thus contribute to the production of clouds. GCRs
also modulate the global thunderstorm electric
circuit. Another is that particles carried and
energised by the solar wind can modulate polar
ozone abundance and thus the absorption of UV
radiation. A major factor is the effect of solar
magnetic fields on the total solar irradiance and
spectral variations. The effect on Earth’s climate
seems to be amplified by a factor of at least 3,
which may well be associated with feedback effects
via Earth’s shortwave albedo and cloud cover
reflectance.
The primary goal of EARTHSHINE is to provide
data to support the theory that changes in Earth’s
climate are linked to variations in the heliospheric
field. Specifically, the principle scientific
objectives can be summarized as;
¾
¾
¾
¾
¾

To measure variations in global cloud
cover in relation to solar cycle variations
Search for changing patterns of cloud
motion
To measure the incident GCR flux outside
the Earth’s magnetosphere
Continuously monitor Earth albedo over a
range of scattering angles.
Make observations of the heliospheric
environment near Earth.

MEETING THE SCIENCE GOALS
The best orbit for achieving the science goals was
determined by the science team to be outside the
Earth’s magnetosphere (see figure 2), and for
albedo measurements, the spacecraft must observe
the illuminated side of the Earth. The only
relatively stable orbit that meets these requirements
is around the L1 Lagrange point. The major axis of
the halo orbit was required to be large enough to
cover a scattering angle range of 140 to 170º where
global reflected power peaks.
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Figure 2 – Orbit Locations Relative to
Magnetoshere
EARTHSHINE will carry just four instruments to
meet the science goals.
Amon-Ra - Albedo Monitor and Radiometer
Isis - Interplanetary Strahl and Ion Sensor
Atem - a three axis magnetometer
Horus - a cosmic ray experiment
Instrument Descriptions
Amon-Ra is a combination of two detectors, one
imaging the photon fluxes over the visible
wavelength range and one bolometrically
measuring global reflectance. These channels view
both the Earth and the Sun once every satellite
rotation. The broadband visible detector uses
Silicon technology and a 1×1000 CCD linear array
to cover a fan of 4° and a wavelength range of
400nm to 750nm.
The other channel uses a
microbolometer with Winston integrating cones to
monitor a circular field of view (cone angle 2°)
over the wavelength range 300nm - 4µm, covering
the short wave ultraviolet-visible-infrared region.
With suitable spacecraft pointing, the fov always
encompasses both the Earth and the Sun and will
include the moon once each lunar month (used for
calibration of the degradation of some
components).
Both channels will measure the
ratio of the sunlight and the reflected earthlight. To
reduce differential degradation, the Earth and the
Sun measurements must be made using as many
common components of the instrument as possible.
However, the solar observing beam will require a
smaller aperture and an attenuator, designed to
make the solar and Earth signal levels within the
instrument the same, ensuring that differential
degradation of the intensity-response curve of the
detector influences both of the two measurements
in the same way, and so does not cause a change in
the ratio.
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Isis comprises electron and ion electrostatic top-hat
analysers with a novel, miniaturised design. They
have been developed by Mullard Space Science
Laboratory and have significant flight heritage. The
Top Hat Electrostatic Analyser works by only
allowing electrons of a narrow range of energies to
pass through it and so reach the detector. A
specialised high voltage generator is used to vary
the voltage across the analyser hemispheres in a
controlled manner, thereby varying the energy of
admitted electrons, so that large ranges of energies
are sampled in a short time. The two top-hat
analysers have to be mounted on orthogonal faces
of the spacecraft, and have an unobstructed of the
solar wind. Figure 3 shows a prototype model of
one of the top-hat analysers.
Atem is a three axis fluxgate magnetometer. It has
significant flight heritage, with similar instruments
having been flown on Ulysses, Cassini and Cluster.
The magnetometer consists of two parts, the sensor
head and the sensor drive electronics. The sensor
must be mounted on a boom to minimise the
spacecraft influence. Ideally, the spacecraft should
be magnetically clean, but this is recognised as a
major cost driver and therefore the use of magnetic
materials, or components that generate magnetic
fields, will be minimised where practical.

Figure 3 – Isis Top Hat Analyser
Horus is a novel cosmic ray detector, based on
extensive heritage in ground based high-energy
physics experiments. The instrument is a simple,
robust and compact (10 cm-cube) Caesium Iodide
detector with sufficient particle imaging and energy
and anisotropy resolutions to discriminate between
hadron and electron galactic comic rays (GCRs)
and solar cosmic rays (SCRs, also known as solar
energetic particles, SEP).
Basic particle
identification will also be possible in specialist
modes by the pattern of energy deposition within
the counter.

Table 1 – Payload Budget
Unit
Amon Ra
Horus +
Electronics
Atem sens. +
Electronics
Isis 1
Isis 2
Boom &
Harnesses
Totals

Mass
(kg)
10.9
2.45

Power
(W)
10.0
5.0

0.25
0.35
1.0
1.0
1.66
1.1
18.8

0.8
1.88
1.88
19.6

Size
(m)
0.15x0.16x0.3
0.2x0.2x0.01
0.14x0.25x0.1
.05x0.11x0.07
0.14x0.25x0.1
0.13x0.13x0.1
0.13x0.13x0.1

Data
(bps)
471
8.3
9
4.6
4.6

497.5

Payload Design Drivers
Amon-Ra has to be able to view the Sun and Earth
alternately using the same detector and fore-optics
to minimise the problem of differential
degradation. To avoid the use of mechanisms (such
as a flip mirror), the alternating view must be
achieved by spinning the spacecraft. At first this
seems to conflict with the requirement to maintain
at least one face of the spacecraft towards Earth (to
keep the telemetry rate high), and another face
always pointing towards the Sun (to eliminate the
need for steerable solar panels and to minimise the
array size). However, by designing the Amon-Ra
optics so that the angular separation of Sun and
Earth apertures is 135º (see Figure 4), it is possible
to spin the spacecraft about a vector slightly tilted
out of the ecliptic plane. The rotation sequence is
shown in Figure 5. Another advantage of this
design is that the Sun will never appear in the Earth
channel, thereby preventing overheating of the
detector.

Figure 4 – Amon-Ra Optics Configuration

Instrument Budgets
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Table 1 lists the mass, power, volume and data
rates for each instrument. The data rates are after
processing, which is currently baselined to be done
on-board using the spacecraft data handling system.
A variety of special down link modes will be
needed to allow the instruments to exploit their full
capabilities.
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into GTO. In fact, we baselined an ASAP 5 (Ariane
5) launch, which can launch up to 8 micro payloads
each with dimensions 60cm x 60cm x 80cm tall
and mass limit of 120kg. These limits can be
exceeded slightly, depending on the size of the
primary payload and the other microsats.
PHASE A STUDY
EADS Astrium (Stevenage) undertook a phase A
study of EARTHSHINE to demonstrate its feasible
with a small satellite. The results from this study
are presented in the following sections.
Mission Analysis

Figure 5 – Spacecraft Spin Sequence
The visible channel will also benefit from a
spinning spacecraft in that a linear (1D) detector
can be used.
The field of view (fov) direction of Isis-1 (electron
sensor) must point normal to the spin axis (and thus
also perpendicular to the Sun-Earth line). For Isis-2
(ion sensor), the fov must be parallel to the spin
axis. These sensors also have to be rotated so that
the 3D structure of the heliosphere can be
measured. Atem, as has already been mentioned,
must be mounted on a boom so that it is at least 1m
away from the spacecraft. Also, a magnetically
stable spacecraft (at least during measurements) is
required. Horus has relatively few requirements, as
the particles it measures are very high energy and
will travel through most objects without loss of
energy or change in direction.

The spacecraft will operate about the L1 point (1.5
x 106 km sunward of Earth) in a relative large
elliptical (or halo) orbit. For some of the payloads
this is not desirable, however halo orbits requiring
the minimum delta V tend to be relatively large.
For Amon-Ra, a large semi-major axis is desirable
to achieve the large range of scattering angles. The
orbit chosen for EARTHSHINE has a semi-major
axis of 1 x 106km with a period of 180 days, which
is a good compromise between science
requirements and the amount of fuel required.
Transfer to L1 Halo Orbit
Two transfer options have been identified as
candidates for this mission (see Figure 6).

MISSION PHILOSOPHY
The goal of a low cost mission can only be met if
the following approach is adopted.
¾ Small design margins
¾ Only have redundancy for critical
subsystems/components
¾ EEE parts quality consistent with expected
environment
¾ Use flight qualified subsystems wherever
possible
¾ Minimise new developments
¾ Shared launch
¾ Spacecraft has high degree of autonomy (to
reduce operations)
¾ Build protoflight models only
¾ Minimise documentation requirements.

Figure 6 – Long and Short Transfer

With these factors in mind, the size and mass of the
spacecraft was kept within limits of typical launch
vehicles capable of delivering auxiliary payloads
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The long transfer case injects into an operational
orbit 360 days after the final perigee burn, which
takes 10 days. The delta V for this transfer is 850
m/s, including a 5% contingency. The petal orbits
around the Earth offer an opportunity for making
scientific observation inside the magnetosphere,
but the disadvantage is that the radiation
environment is more severe due to several passes
through the Van Allen radiation belts. The short
transfer case injects into an operational orbit
approximately 60 days after the final perigee burn,
which takes 8 days in this case. The delta V for this
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transfer is approximately 1190 m/s, so requires
more fuel to be carried than the long transfer
option. The delta V numbers quoted above include
fuel required for station keeping manoeuvres and
re-pointing. There is no end of life disposal
requirement at L1 because the orbit will naturally
degrade and the spacecraft will eventually enter
into a heliocentric orbit or return to an elliptical
Earth bound orbit. The baseline transfer option
selected is the long one, because the fuel saving
increases the overall mass margin and volume
inside the spacecraft is increased because a smaller
fuel tank can be fitted.
Propulsion Subsystem
As the mass budget for the spacecraft is very tight,
a high specific impulse (Isp) main thruster is
required. The main engine will be a 20N bipropellant thruster with an Isp of 290 s. For station
keeping, smaller 0.5N monopropellant thrusters
will be used. The amount of fuel needed for a delta
V of 850 m/s and a spacecraft wet mass of 130kg is
approximately 36kg. To accommodate the fuel and
oxidant required, three small oxidant tanks of 8.5
litre capacity, and a single fuel tank of 38 litre
capacity will be used. Ion thrusters were considered
for this mission because their very high Isp could
reduce the fuel mass significantly. But, the high
power requirements (~600W) and a concern about
the effects on the Isis and Atem instruments ruled
this technology out.
Structure/Thermal Subsystem
The thermal environment in the halo orbit is
relatively stable in that one side of the spacecraft is
always pointing at the Sun and the remainder to
deep space. Passive thermal control methods and
relatively simple heaters are all that is needed to
maintain equipment temperatures around 20 ºC.
Detailed thermal analysis suggests the thermal
control system will need about 4.5W of power on
station to maintain the thrusters and fuel tank
within operational limits. The Atem sensor on the
end of the boom will not require heaters and is
predicted to reach equilibrium at about -40 ºC. The
structure will need to have a very low mass
(<15.5kg) if the wet mass of the spacecraft is stay
below
130kg.
Conventional
Aluminium
honeycomb panels, whilst low mass, suffer from
the disadvantage of needing local reinforcing
where equipment, or the launch adaptor, attach. A
new type of structure, developed by EADS
Astrium, uses a carbon fibre filament wound outer
skin to which subsystems can be directly attached.
The end of the wound structure will be closed using
CFRP skinned/Aluminium honeycomb core panels.
Prototypes of this structure have been successfully
qualified under representative launch conditions.
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Power Subsystem
The power subsystem will comprise a central
regulation unit, two GaAs triple junction solar cell
arrays and a Li-Ion battery. GaAs cells have been
chosen because of their high efficiency (~27%)
minimising the size of the solar arrays. The EOL
power requirement for on-orbit operation has been
estimated at 104 W, but a peak power of 135 W is
needed during the transfer phase to maintain fuel
and thruster temperatures. A commercially
available power regulation unit from Alcatel and a
Li-Ion battery pack from AEA Technology will
provide a low mass, low cost solution. The solar
arrays will be 0.55m x 0.65m each, and will be
stowed for launch against the sides of the structure.
Deployment will be achieved using a novel hinge
mechanism, developed by Cambridge University,
and wax actuators. The panels will not need to be
steerable, so complex solar array drives are
avoided.
Telecommunication Subsystem
A single patch antenna with a 60 º beam operating
in the S-band, will be used for telemetry and telecommand (TMTC). A commercial unit from SAAB
Ericsson is readily available, and with a mass of
less than 0.25kg it is ideally suited to a small
satellite. The antenna is not omni-directional so the
spacecraft attitude will need to be adjusted during
the LEOP and cruise phases. A Warberry 981
ranging transponder with a low noise amplifier and
10W power amplifier has been baselined. Again,
this is a commercially available system with proven
flight heritage. It is one of the few subsystems
where redundancy has been included to minimise
risk. The transponder will interface to the on-board
computer via an RS422 interface.
Data Handling Subsystem
To eliminate the need for each instrument to build
their own data processing electronics, all on-board
processing and data management will be performed
by the EARTHSHINE data handling system
(DHS). The DHS is based around a central
‘Unionics’ dual high-performance processor
system that performs all spacecraft processing for
both payload and platform. Unionics is a joint
initiative of Astrium, Science Systems, and SEA
and is being developed under BNSC ATS funding.
The generic Unionics architecture provides for
multiple processors, interconnected through a
network of high speed Spacewire links and multiport routers. These routers can be configured to
provide both Spacewire and RS422 interface
protocols for connection to peripheral equipment.
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The Unionics architecture is ideally suited to the
EARTHSHINE mission, as it provides the high
speed
data
acquisition
and
significant
computational power, required for Amon-Ra image
processing and Horus cosmic ray count
interpretation, as baseline features. This is coupled
with the proven ability to integrate all forms of onboard processing: real-time, interrupt-driven, and
high-rate asynchronous, within a single unit that is
mass, power and cost optimal compared to discrete
payload and platform computer systems. The dual
processors are continuous active, with the main
software applications divided between them.
However, in order that a single processor failure
does not lead to mission loss, each processor is able
to monitor the health of the other and is able to
reconfigure itself to maintain overall processing
functionality as far as possible in the event of
failure of the other processor. By this means, the
continued functioning of the essential TM/TC and
AOCS software applications is guaranteed. Figure
7 shows a schematic of the proposed DHS.

is not particularly demanding at 0.5º, and is well
within the capability of UniNav.
Configuration
Accommodation of the spacecraft subsystems and
scientific payload has been achieved by the
efficient use of the available 60cm x 60cm x 80cm
volume, which was fixed by the ASAP 5 micro
payload envelope. Figures 8 and 9 show an exterior
and interior view of the spacecraft respectively.
The interior of the spacecraft is dominated by the
38 litre spherical fuel and smaller, cylindrical,
oxidant tanks. The boom, shown deployed, folds
down against the side of the spacecraft for launch.

Figure 8 – Exterior View of Spacecraft

Figure 7 – EARTHSHINE DHS
Attitude and Orbit Control Subsystem (AOCS)
The AOCS equipment set selected for
EARTHSINE consists of UniNav (an integrated
miniaturised Autonomous Star Tracker and 3-axis
gyro sensor developed by Astrium and SIRA
Electro-Optics under BNSC ATS funding), a
commercial off-the-shelf (COTS) coarse 2-axis Sun
Acquisition Sensor (SAS), and a small COTS
Fixed Momentum Wheel (FMW). These three
equipments are interfaced directly to the DHS and,
together with the propulsion system, provide all the
functionality to complete the attitude and orbit
control for the entire mission. The star tracker and
gyros are used for attitude control during the LEOP
and cruise phases, as well as for station keeping
manoeuvres. The SAS is used to provide attitude
determination in an emergency situation. It has a
wide field of view, low mass and proven flight
heritage. The pointing requirement for the payload
Morris
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Figure 9 – Interior Layout of Spacecraft
Budgets
A summary of the mass, power and link budgets is
presented in Tables 2, 3 and 4.
18th Annual AIAA/USU
Conference on Small Satellites

here. It indicates a carrier-to-noise margin in excess
of 5dB.

Table 2 – Mass Budget
Subsystem
Payload
Propulsion
Power
Harness
AOCS
Comms.
Thermal
Structure
Total Dry Mass
System margin (10%)
Propellant
Total Mass @ Launch

Mass (kg)
18.79
17.87
11.68
6.0
5.4
7.5
2.5
15.47
85.21
8.52
35.74
129.47

CONCLUSION
The results from the phase A study clearly show
that it is possible to put a small scientific payload
into an orbit about the L1 point, using well proven
COTS equipment for the majority of the platform
subsystems. The platform and payload architecture
provides a good balance between risk and cost,
such that the mission is considered realistic within
the $25M budget. RAL, together with other UK
organisations, are currently seeking approval for
funding from the UK Government and Research
Councils, and is confident that Phase B of
EARTHSHINE will start early in 2005, with
launch expected in 2009.

Table 3 – Power Budget
Subsystem
Power
TT&C
AOCS
Propulsion
Payload
Thermal
Sub-total
Harness loss
At PCDU
With margin

LEOP (W)
27.48
6.5
20
32
0
10

At L1 (W)
13
6.5
24
1
19.2
0

95.98
1.92
108.78
135.97

63.7
1.27
72.19
90.24

2%
90%
25%
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Table 4 – Uplink Budget
Parameter
Frequency
Data Rate
G/S EIRP (@100W)

Units
MHz
bps
dBW

Nom.
2025.88
1000
66.0

Slant range
Spreading loss
Atmos. loss
Polarisation loss
Copolar IPFD at S/C
S/C copolar antenna gain
Isotropic antenna area
Effective power at trans.

km
dB
dB
dB
dBW/m2
dBi
dBm2
dBm

1705259
-195.63
-0.4
-0.05
-130.08
8.00
-27.58
-119.66

Warberry Specification
Carrier acq.
BER<10-5 @1kbps

dBm
dBm

-124
-122

Margin (unmodulated)
Margin @1kbps

dB
dB

4.34
2.34

A similar budget for the downlink margins has
been established, but for brevity is not included
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